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Abstract: AA7079-T6 was widely used in the 1960s for 
manufacturing aircraft due to its high mechanical strength.  
Subsequently, this alloy was discontinued due to very poor 
fracture toughness, crack growth resistance, and corrosion 
resistance.  A large strategic cargo carrier has aft upper fuselage 
(crown) skin made of this alloy.  Various cracks have been 
identified in this area which has led to significant inspection of 
the aircraft.  Visual inspection of the complete crown skin is done 
at least three times a year to detect cracks.  A detailed failure 
analysis of several cracks from a few replaced crown skins was 
conducted to understand the root cause of these cracks. 
 
The failure analysis revealed that initial propagation was along 
the thickness of the skin which then diverged and propagated 
along mid thickness parallel to the surface of the skin.  This crack 
propagation was accompanied by branching along the grain 
boundaries in the propagation path.  Such crack morphologies are 
typical of stress corrosion cracking (SCC).  However, study of the 
fracture surfaces revealed the presence of fatigue striations.  
Comprehensive analysis of the loading condition and operating 
environment does confirm that fatigue and corrosion occurs 
separately for these cracks.  The fatigue crack propagation occurs 
while the aircraft is in flight and corrosion occurs while the 
aircraft is on ground.  This corrosion weakens the material 
preferentially along the grain boundary leading to intergranular 
fatigue crack growth in flight.  For rolled thin sheet product, this 
intergranular crack appears as an inter-lamellar crack as the grains 
are oriented in one line. 
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This hypothesis was also verified with controlled corrosion-
fatigue experiments in the laboratory which replicated the failure 
surface obtained in service.  Experiments were also conducted to 
determine the threshold for crack growth in fatigue as well as 
SCC.  The fatigue crack growth threshold was observed at 2.2 
MPa√m  and the SCC threshold was found to be 8.5 MPa√m. The 
crown skin area where the cracks are located is loaded only 
during flight when the environment is benign for SCC to occur.  
On the ground where the environment is amenable to corrosion, 
there is very little load on the crown skin area where cracks are 
located.  This results in very low stress intensity values and no 
crack propagation occurs by SCC.  The cracks are therefore 
believed to have propagated during flight by fatigue loading, 
which is also supported by failure analysis results. 

 
 

INTRODUCTION 
 
Legacy 7XXX series aluminum alloys are prone to environmental attack resulting 
in intergranular stress – corrosion cracking.  Most legacy alloys from the 1950s 
and 1960s were used in the peak aged condition of T6 temper.  This temper is 
highly susceptible to stress corrosion cracking (SCC)[1].  Many aircraft in service 
still have structural elements with legacy alloys in the peak aged temper.  Most 
often the in-service failure of these legacy alloy components is due to SCC.  Since 
there are no reliable models to predict the SCC, such failures in service lead to 
increased inspection and maintenance burdens at the depot.  Apart from affecting 
the stress corrosion cracking behavior, the amenability of the material to 
environment also results in significantly reduced fatigue life, as crack growth rates 
in the corrosion-fatigue regime are much higher than that observed for pure 
fatigue. 
 
A large strategic United States Air Force (USAF) cargo carrier has upper aft 
fuselage (crown) skins made up of AA7079-T6.  Numerous cracks have been 
found in this crown skin which has led to significant inspections on these aircraft.  
Whenever cracks are found, the crown skin is replaced with newer generation 
alloys which are resistant to SCC growth. 
 
A few cracked skins which were replaced during depot maintenance were sent to 
our lab for evaluation and analysis.  Four different cracks were analyzed in detail.  
This paper describes the detailed metallurgical failure analysis of one of the cracks 
on one skin panel.  Based on the observations of the failure analysis, simulated lab 
experiments were performed to replicate the observed failure in the laboratory.  
Following sections describe the failure analysis and laboratory experiments along 
with results and discussions. 
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FAILURE ANALYSIS 

 
The skin panel came from the right side of the upper aft fuselage.  This skin was 
marked with possible locations of the cracks determined by some Non Destructive 
Inspection (NDI).  All the fasteners, stringers and other frame components were 
already dismantled from the skin.  Figure 1 shows the photo of the actual panel 
with NDI indications.  A small piece was cut from the skin, keeping the cracks at 
the center of the piece, for ease of handling during metallurgical examinations.  
The sealant and paint from the panels were remove using acetone and rubber 
scrapper. 
 

 
Macroscopic Analysis 
A photo of the as received skin is shown in Fig. 1.  For ease of readability, the 
markings on the sheet are annotated on the photo.  Most of the cracks can be seen 
located on the forward and the aft edge of the skin.  The forward and aft directions 
refer to the aircraft orientation.  Crack 29 was selected for the present analysis and 
its enlarged view is shown in Fig. 1.  
 
Crack 29 was located on the forward edge of the skin and it extended from the skin 
edge to the countersink hole nearby.  A small specimen was cut around this crack 

Figure 1: As received panel showing the locations of the cracks on the 
forward and aft edge of the panel.  Crack 29 located in thebottom right 
corner of the pnael is also shown in an enlarged view. 
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such that the crack was at least 1” away from the cut edges.  This specimen was 
then observed under stereomicroscope to locate the possible sites of nucleation and 
growth of this crack and to measure the dimensions of the crack.  Figure 2 shows 
the crack in the LT plane and the view of the crack from the edge in the LS plane 
as seen from stereo microscope.  The inset shows the propagation of the crack in 
the countersink hole.   
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Figure 2: Stereo-Micrographs of the crack 29.   (a) Planar view in LT Plane 
showing the extension of crack from the edge to the countersink hole.  (b) 
Shows the propagation of crack in the countersink hole. (c) Side view of the 
crack from the forward edge, showing possible crack nucleation site. 
 
Observation with the naked eye shows the presence of some residual paint on the 
surface of the skin, as well as the crack extending between the skin edge and the 
countersink hole.  Next to the crack is a polished area, probably polished with a 
coarse sand paper to ascertain the position of the crack below the paint after initial 
NDI.  The stereo micrographs in the Fig. 2 clearly reveal these in detail.  
Furthermore, looking from the edge of the specimen, a probable nucleation site is 
seen at the edge as indicated in Fig. 2.  There was no obvious nucleation site in the 
countersink hole.  The edge view in Fig. 2(c) also shows a lot of scrapping marks 
with  a shiny surface indicating the severity of the sealant stripping from the edge 
of the sheet.  The crack in LT plane is almost 12 mm long and in LS plane it 
extends about 0.8 mm before deviating on the planes parallel to the LT surface.  
The primary crack extends about 1.5 mm in the up direction of the skin and a 
secondary branch extends in the down direction of the skin for about 5.7 mm.  The 
schematic of the crack is shown in Fig. 3. 
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Figure 3: Schematic of the crack and various sections along which the 
specimen was cut to reveal the microscopic features of the crack. 
 
Figure 3 also shows the sections along which the specimen was cut for microscopy 
and fractography.  Section AA was made about 1.5 mm from the edge.  The 
specimen taken along this axis was used for fractography.  Another section was 
made at BB again 1.5 mm from previous section (AA).  This was used for 
microstructural observation.  A third section was made at CC, tangential to the 
countersink edge to study the crack extension next to the countersink. 
  
The crack was located perpendicular to the forward edge of the right upper aft 
crown skin.  The origin of the crack is below the surface on the edge of the skin as 
seen in Fig. 2.  The crack has propagated in LS plane initially, before deflecting 
onto the LT plane parallel to the surface.  The mode of crack propagation suggests 
the load acting on the skin is in the up/down direction of the aircraft.  Since this 
crack has originated and propagated in the region between the edge of the panel 
and the first row of fastener holes, it does not carry any longitudinal loads such as 
bending due to tail load.  The only load acting on the skin at this location is hoop 
stress due to pressurization during flight.  Although fit up stress may be present in 
longitudinal as well as up/directions, they cannot be quantified and thus are not 
considered.  The deflection of the crack in the planes parallel to the surface is quite 
interesting.  Considering only the hoop stress acting on the skin at the edge, one 
would expect the crack to grow through the LS plane.  The presence of crack on 
the skin starting from surface to inside prevents the outer layers of skin from 
carrying any hoop stress.  Since the hoop stress is primarily carried by the 
subsurface area of the skin, it induces shear stress in skin along the layers parallel 
to the surface of the skin.  The crack propagating along LS plane is therefore 
deviated parallel to the surface due to the presence of the shear stress.  The 
orientation of the grains parallel to the surface during rolling of the skin also 
facilitates the growth of the crack in the planes parallel to the surface due to 
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intergranular corrosion commonly seen in AA7079-T6.  Presence of corrosion 
along the crack surface is evident from the Energy Dispersive X-ray Spectroscopy 
(EDXS) and microstructural observations presented in the following sections. 
 
Energy Dispersive X-Ray Spectroscopy Analysis (EDXS) 
Energy Dispersive X-ray Spectroscopy was carried out on the opened crack surface 
from the specimen cut along section AA in Fig. 3.  After the sample was cut along 
section AA, small slits were made using a diamond wafering blade just below the 
area where the cracks terminated as shown in Fig. 4.  The cracks were opened by 
bending the sample using locking pliers as shown in Fig. 4.  This opened up two 
cracks, one, the primary crack and the other the secondary crack.  The opened 
crack surfaces were analyzed in JEOL-JSM 6480 LV SEM with EDXS analyzer. 
 

Figure 4: Schematic drawing illustrating the crack opening for the primary 
and secondary crack from the specimen cut along section AA in Fig. 4. 
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The specimen, after opening the crack, was cleaned in acetone in an ultrasonic bath 
to remove all loose debris as well as to remove the cutting oil, which might have 
contaminated the parts while making the slits.  The opened crack surface of the 
primary crack was inspected in the SEM.  The fracture surface exhibited extensive 
electron charging in the SEM suggesting presence of corrosion products.  The 
initiation site, characterized by extremely corroded surface and unevenness was 
selected for EDXS analysis.  Figure 5 shows the EDXS spectrum obtained from 
the corroded region on the fracture surface.  The EDXS spectrum shows presence 
of various different elements.  EDXS revealed the presence of elements such as 
calcium, potassium, sulfur, phosphorous and oxygen apart from aluminum, 
magnesium, zinc and copper commonly found in AA7079 alloy.  The corrosion 
product on the fracture surface should be comprised of the compounds of these 
elements with the elements of the constituent alloy phase.  Sodium, calcium, 
potassium, chlorine, bromine and silicon are commonly found in the corrosion 
products. 
 

 
Figure 5: EDXS spectrum of the surface deposits on opened primary crack 
surface described in Fig. 4. 
 
Table 1 gives the quantitative analysis of the elements seen in EDXS spectrum in 
Fig. 5.  It can be seen that the amount of sulfur and phosphorous are quite 
significant compared to other elements commonly found in corrosion products.  
The sample surface has been thoroughly cleaned in acetone in the ultrasonic bath 
so these elements cannot be from external dirt or debris, but they are part of the 
corrosion scale.  Sulfates are commonly found in the environment, but phosphates 
are not so common.  However, both these elements can be found in the exhaust of 
the aircraft engines.  The amounts of other common corrosion products such as Na, 
Cl, Ca and K are very low and probable reason for this could be that they have 
been washed away while cleaning the sample.  Presence of sulfates and phosphates 
indicates the corrosion of the crack surface was more likely when the aircraft was 
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on the ground in neighborhood of the exhaust of other aircraft, rather than in flight, 
since the concentration and activity of these elements at the cruising altitude, 
temperature and pressure will be very minimal. 
  
Table I: Quantitative elemental analysis of the corrosion product on the 
fracture surface as shown in Fig. 6. 

Element Weight (%) Atomic (%) 
O 49.5 63.4
Al 39.3 29.8 
Mg 1.1 0.9 
Si 3.1 2.2
P 2.5 1.6 
S 1.5 0.9 
K 0.2 0.1 
Ca 0.3 0.1 
Cr 0.5 0.2 
Fe 0.6 0.3 
Zn 1.5 0.5 
Total 100 100 

 
Microstructural Analysis 
Microstructural analysis was performed on both the fractured surface as well as 
polished cross section revealing the path of the crack and its surrounding.  Both 
optical and scanning electron microscopies were performed to study the 
microstructural features in detail.   
 
Optical Microscopy 
 
 

  
The sections from the specimen cut at BB and CC in Fig. 3 were carefully polished 
to remove all the cutting marks and were observed under the optical microscope 
for the propagation of the crack.  Figure 6 shows the composite optical micrograph 
of the crack for the specimen cut along section BB.  The primary crack is 
characterized by extreme corrosion.  This crack initially propagates in LS plane but 

Figure 6: Composite micrograph of the specimen cut along section BB Figure
3 and polished.  The micrograph shows the primary and secondary cracks. 
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then deviates to the right (up direction of the aircraft) along a plane parallel to the 
surface.  The length of the crack in this plane is about 1.6 mm.  Whereas the 
secondary crack propagating on the left side is much longer and is about 5.7 mm 
long.   
 
To understand the effect of the microstructure on the propagation of the crack, the 
polished sample was etched with Keller’s Reagent (1% HF, 1.5% HCl and 2.5% 
HNO3 by vol. in DI Water) for 20 seconds.  The etching reveals the grain structure 
of the skin.  The micrographs of the etched specimen near crack are shown in Fig. 
7.    The micrographs reveal that the crack propagation is primarily along the grain 
boundaries, since this alloy is prone to intergranular corrosion 

 
Figure 7(a) shows the primary crack and also the initiation of the secondary crack 
from the primary initiation site.  The top aluminum clad layer is visible in this 

Figure 7: Optical microgrpahs of the polished and etched cross section at
section BB (Fig. 4). (a) shows the propagation of the secondary crack from the
primary crack along the grain boundaries, (b) shows the region between the
primary and the secondary crack, where a number of finer cracks are running
along the grain boundaries.  (c) shows the secondary crack far away from the
initiation site and (d) shows the primary crack deviating along the grain
boundaries. 
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micrograph due to differential etching between pure aluminum and AA7079.  
Extensive corrosion of the material along the grain boundaries can be seen in Figs. 
7(b) and 7(d).  The growth of the secondary crack is in the LT plane and between 
the grain boundaries is shown in Fig. 7(c).  This is an interesting growth 
mechanism since the only stress acting on the skin in this region is hoop stress and 
the growth of the crack is parallel to the direction of the hoop stress profile.  This 
mode of crack opening is possible only if there is shear between the layers of the 
skin due to applied hoop stress.  A couple of scenarios may provide shear between 
the layers.  1) Initiation of crack near the surface of the skin changes the loading at 
the surface and inside of the skin by hoop stress leading to the shear between the 
layers and 2) the riveted joint between the skin and doublers may induce some 
residual surface compression stress on the inside of the skin which changes the 
stress profile from the surface to the inner edge of the skin.  Detailed SEM 
investigation presented in the following section shows striations along the primary 
and secondary crack surfaces, suggesting some kind of cyclic loading along this 
crack path.  The hoop stress experienced by the skin is cyclic in nature and is the 
most likely source of the crack growth. 
 

Figure 8: Composite micrographs of the crack 29 at section CC near the
countersink (Fig. 3). (a) Micrographs of the polished specimen and (b)
micrographs of polished and etched specimen showing the deviations of the
crack along the grain boundaries. 
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Figure 8 shows the optical micrographs of the crack at section CC in Fig. 3, 
tangential to the countersink hole.  The origin of this crack is on the forward edge 
of the panel and the crack extends till the countersink hole.  However, as seen in 
Fig. 8, only the primary crack propagates to the countersink hole from the edge.  
Even the growth of the primary crack in this micrograph is predominantly in the 
LS plane with deviations along the grain boundaries.   
 
SEM Observation 

Primary Crack Surface Secondary Crack Surface

50 μm
50 μm

10 μm 10 μm

 
Figure 9: The fracture surface of as opened crack showing the corrosion 
products on both primary and secondary crack surfaces.  The bright regions 
in the micrographs are due to the charging of electrons on non conducting 
corrosion products. 
 
The SEM observation was done primarily on the fracture surface after opening the 
cracks for the specimen cut along section AA in Fig. 3.  The samples were 
observed in JEOL-JSM 6480 LV Scanning Electron Microscope.  Figure 9 shows 
the micrographs of the opened fracture surfaces.  The surfaces appear smeared with 
a layer of corrosion products.  The corrosion layer is also characterized with 
cracking due to the brittle nature of the products.  The EDXS analysis of the 
surface presented earlier shows the presence of many environmental elements 
responsible for the corrosion of the skin.   At higher magnifications, the 
micrographs also reveal some delaminated layers (leaves).  To understand the 
micro-mechanisms of the failure experienced by this skin, it was necessary to wash 
off these corrosion products from the surface to reveal the microstructure of the 
base material. 
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Figure 10 shows the SEM micrograph of the fractured surface showing both the 
primary and secondary crack surfaces.  The specimen was washed in 15 gm 
Alconox™ in 300 ml water solution, preheated to 95ºC, for 20 minutes in an 
ultrasonic bath.  The washing was done to remove the surface corrosion product 
which tends to charge the electrons on the surface as seen on the pristine surfaces 
of the primary and secondary crack sides in Fig. 10.  

Primary Crack Side Secondary Crack Side

Crack 
Initiation

50 μm

400 μm

 
Figure 10: SEM micrograph showing the fracture surface after cleaning  with 
Alconox™ solution near the forward edge of the skin.  The ridge separating 
the primary and the secondary crack is also shown. 
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Studies in our laboratory have confirmed that washing with AlconoxTM does not 
introduce any artificial marks on the fracture surface.  Specifically, specimens 
failed in fatigue and SCC in our lab were washed in same way and no artificial 
marks were seen on the fracture surface.  Figure 10 reveals the corrosion at the 
initiation site and a number of cracks branching out, including a couple 
propagating to the secondary crack side.  Corroded regions appear dark in the 
micrograph making it easy to locate the nucleation site for the cracks.  This crack 
seems to have nucleated by pitting corrosion followed by extension due to fatigue 
and corrosion, which is evident from the corrosion scale on the fracture surfaces 
shown in Fig. 9 and from the intergranular cracks and striations seen at higher 
magnifications in Fig. 11.  

 

Figure 11: Higher magnification micrographs of the cleaned fracture surface
on the primary and secondary crack side.  Intergranular corrosion can be
easily seen in all the micrographs.  The places near the initiation site are
characterized by higher corrosion product deposits, whereas far away
locations exhibit fatigue striations.  The primary crack at 1mm from the
initiation site is also characterized by quasi cleavage planes denoted by c
indicating brittle failure.  Average striation spacing is bigger on primary
crack (1.5 μm as compared to 0.5 μm for secondary crack). 
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Intergranular corrosion is characterized by the cracks along the grain boundaries 
which is clearly visible in Fig. 11.  Primary crack surface shows more corrosion 
than the secondary crack surface indicating that it opened up much earlier than the 
secondary crack and the opened surface has seen the corrosion environment for a 
longer time.  Both the primary and the secondary crack surface exhibit striation 
like features.  Lynch et al. have shown that SCC crack growth can also exhibit 
such marks.  However, as described earlier, this edge of the skin panel which is 
beyond the last row of fastener, does not see any static loading while parked on 
ground and most aircraft structures do not show SCC growth in flight, unless there 
are occluded regions filled with electrolyte next to the structural element.  Residual 
and fit up stresses may result in SCC, however, in these cases, when the crack 
grows, the stress gets relieved and the spacing between these striation like marks 
should reduce with crack growth, whereas in present study we find that the 
striation spacing increase with the crack growth.  We therefore believe that these 
striations indicate that the skin edge has undergone fatigue crack growth.  Again 
the only possible load applied to the edge of the skin beyond the rivet holes is the 
hoop stress.  The hoop stress in fuselage is due to pressurization of the fuselage 
during flight.  This loading is cyclic in nature and is most likely responsible for the 
striations on the crack surface.  The average striation spacing for the primary crack 
is 1.5 micrometer at about 1 mm from the initiation site as compared to 0.5 
micrometer at about 3.5 mm from the initiation site, observed in secondary crack.  
This indicates that crack opening per cycle of loading and correspondingly ΔK 
(stress intensity factor per cycle) is higher for the primary crack.  The orientation 
of primary crack is predominantly in the LS plane, whereas that of the secondary 
crack is in LT plane.  LS plane is oriented perpendicular to the acting hoop stress, 
whereas the LT plane is parallel to the direction of hoop stress.  The primary crack 
opens in mode I whereas the secondary crack is most likely opening in mode II.  
The mode II opening is due to the shear between the layers of the skin due to the 
presence of the crack.  This shear stress should be much smaller than the tensile 
stress responsible for opening the primary crack and therefore the ΔK is smaller for 
the secondary crack (even at larger lengths).  The primary crack surface also shows 
some cleaved planes.  Cleavage is representative of brittle failure due to corrosion.  
This indicates that there is corrosion interaction with fatigue crack propagation. 
 

LABORATORY EXPERIMENT 
 
Laboratory experiments were conducted to verify if in fact the crack can propagate 
in inter-lamellar regions as seen for the secondary crack during the failure analysis.  
Our hypothesis was that the crack initially propagates perpendicular to the applied 
hoop stress in the fuselage structure.  Then as the propagating crack is exposed to 
the environment the rolled grain boundaries of the thin sheet structure gets 
weakened and the crack propagates along this boundary.  The driving force for this 
crack propagation is mode II, which occurs due to the hoop stress when the inner 
layers carry the load and the outer layers do not carry any load due to the presence 
of the crack.  In laboratory, such a scenario was created by loading the specimen in 
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flexure.  A four point bend fixture was used.  The corrosion environment was 
introduced by building a tiny reservoir on the top of the specimen using silicone as 
shown in Fig. 12. The reservoir was filled with saturated salt solution and water 
was replenished over time. 
 

 
For these experiments, the specimen was cut from the pristine part of the original 
skin panel.  The specimen was 203 mm (8”) long and 51 mm (2”) wide with 1.58 
mm (0.062”) thickness.  A 0.127 mm (0.005”) deep notch was machined on the 
center of the specimen using a wire EDM machine.  Liquid silicone rubber was 
applied around at 12.7 mm (0.5”) around the notch as shown in the Fig. 12.  The 
specimen was loaded in a four point bend fixture with 150 mm (6”) outer span and 
50 mm (2”) inside span.  This ensured that whole reservoir area was under constant 
tensile stress.  Only about 110 N of load was required to generate a mean stress 
intensity factor Kmean of about 4.4 MPa√m.  Superimposed ΔK was 2.2 MPa√m.  
For this purpose a 90 KN Satec servo-hydraulic frame fitted with a 250 N load cell 
was used.  The load could be controlled to within +/- 5 N.  To introduce the effect 
of corrosion during the flexure fatigue, it was necessary to perform the experiments 
at low frequency.  The lowest frequency possible in our test frame, 0.01 Hz, was 
used.  Trial experiments at 0.1 Hz frequency did not show any inter-lamellar 
corrosion and the specimen failed in about 10,000 cycles with the crack 
propagating from the notch along the thickness.  In flight, the hoop stress cycling 
can occur over 3 hours, which is about 0.0001 Hz. We could not run tests that slow 
due to machine limitations and time required to complete the test.  The laboratory 
specimen lasted for 38,842 cycles (about 45 days).  At his point the specimen had 
split in two pieces.   
 
 
 

Figure 12: Schematic showing the laboratroy tests run on the specimen from 
the aircraft skin to reproduce inter-lamellar fatigue in laboratory.
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The failed specimen was inspected in optical and scanning electron microscopes.  
Figure 13 shows the SEM micrograph of the specimen failed in the laboratory test.  
It can be seen that the crack starts below the notch and propagates along the 
thickness direction and then parallel to the surface along the mid thickness. The 
primary crack shows one more branching parallel to the surface before final 
fracture.  These deviations of the crack path parallel to the surface results in inter-
lamellar failure and this failure occurs only during very slow cycle flexural fatigue.  
We have run long term corrosion fatigue experiments in pure tension, but none of 
them show the inter-lamellar fracture like this.  We therefore believe that such 
failure can occur only due to very slow cycle flexural fatigue loading which exists 
on the fuselage crown skin due to cyclic hoop stress as a result of pressurization.  
Very slow cycling is necessary for degradation of the material in the corrosive 
environment.  Specifically, there should be enough corrosion along the grain 
boundaries to weaken them so that the crack can propagate at very low mode II 
loading along the grain boundaries. 
 
 

Figure 13: SEM micrograph of the specimen failed in laboratory test, showing
inter-lamelar crack branching into primary and secondary crack as was
observed in the crack found during service.  Birght spots indicates the
corrosion product deposits. 
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Figure 14 shows the high magnification SEM micrograph of the primary crack, 
step surface shown in Fig. 14.  This micrograph reveals the striation like features 
similar to those seen on the in-service crack specimen, confirming our hypothesis 
of the crack growth in slow cycle fatigue. 
 
If we compare the micrograph shown in figure 14, to striation like crack arrest 
marks observed by Lynch et al. [2] in SCC crack growth, there are two clear 
differences.  First of all in their study Lynch et al. found that the crack arrest marks 
are about 100-250 nm apart consistently.  Whereas in our observations we see the 
striation spacing varying from 200-1500 nm as a function of distance from crack 
tip and secondly they observed crack arrest marks only in case of high humidity air 
and they were not able to generate these marks in saturated salt solution.  There are 
other instances where some crack arrest marks were seen for 3.5 mol% salt 
solution [3], but the features are not as consistent as in the present case.  Again 
none of these studies show the fracture along inter-lamellar regions as in present 
case.  The loading geometry may also be responsible for these differences. 
 

 
 
 

Figure 14: High magnification SEM micrograph of the primary crack step
surface of the specimen shown in Fig. 13. 
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DISCUSSION 
 
SCC and fatigue are competing processes for crack growth.  In a given condition, 
the rate controlling process depends upon various factors.  In the present case 
where the cracks occur in skin panels along the forward and aft edge, there is no 
mechanical load on the edges of the panel, when the aircraft is on ground.  This is 
primarily because all load is transferred to the frame at the last row of fasteners and 
the edges carry no structural load.  At this location, however, hoop stress can 
occur.  The cyclic stress occurs only during ground-flight-ground operation.  
Residual or fit up stresses may exist on these edges throughout.  For SCC to occur 
three elements are necessary, susceptible material, environment and sustained 
mechanical stress.  During flight, low temperature, pressure and almost negligible 
humidity, prevents corrosion.  SCC can therefore occur only when the aircraft is on 
the ground.  If significant residual or fit up stresses are present, SCC can occur at 
this location.  In fact, the initiation of the crack is due to pitting corrosion at the 
edge of the panel where the clad layer meets the AA7079-T6 alloy, as shown in 
Fig. 2.  Once the defect sites are generated, the crack growth is controlled by the 
stress intensity factor.  Both SCC and fatigue crack growth exhibit threshold stress 
intensity factors below which no crack growth occurs.  Figure 15 shows the 
threshold stress intensity values for fatigue and SCC for AA7079-T6 alloy 
measured in our lab.  These specimens were also obtained from the panels 
removed from in-service aircraft.  The details of the experiments can be found 
elsewhere[4].  Figure 15 also shows the data provided by the OEM of the aircraft.  
It can be seen that there is some discrepancy between OEM and our data, but no 
conditions were specified for OEM data so the comparison is difficult. 
 

 

Figure 15: SCC and fatigue growth rates for AA7079-T6 alloys specimens
obtained from an in-service aircraft skin panel under various experimental
conditions.  Threhold stress intensity values can easily be identified from these
plots. 
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From Fig. 15 the threshold stress intensity value for SCC is about 7.7 MPa√m and 
that for fatigue is about 2.2 MPa√m.  This suggests that fatigue can occur at much 
lower stress intensites as compared to SCC.  However, if the stress intensity 
increases beyond 10-12 MPa√m, SCC may dominate since the growth rate is much 
faster for SCC provided fatigue cycle frequency is less than 1000 Hz.  At typical 
cruising altitude, the hoop stress in the fuselage is about 120 MPa (18 ksi).  At this 
load level for a single edge notch specimen would need at least a 10 mm long 
crack for SCC to dominate.  The total crack length from the edge to the 
countersink hole as shown in Fig. 2 is about 12 mm and near the countersink hole, 
the dominant crack growth mechanism was in fact found to be SCC.  We therefore 
believe that the crack initiated by pitting corrosion grew by fatigue to a length of 
about 10 mm and then grew by SCC to the fastener hole.  The branching of the 
crack at mid thickness is due to weakening of the material by corrosion and inter-
lamellar crack growth is again controlled by fatigue loading.  Our arguments to 
support these claims are: 
 

1) Extreme pitting and corrosion was found near the initiation sites at the 
intersection of aluminum clad layer and AA7079-T6 alloy substrate. 

2) Surface corrosion products revealed the presence of various common 
corrosion elements along with sulfur and phosphorous.   Sulfur and 
phosphorous are common to exhaust gages and commonly found when 
the aircraft is on ground. 

3) The cracks are located on the forward and the aft edges of the skin panel, 
beyond the last fastener lines.  Any longitudinal aircraft load, will not be 
seen by these edges.  Furthermore, the cracks run in the forward/aft 
direction, suggesting the load is perpendicular to the longitudinal axis. 

4) The crack orientation suggests the applied load runs in the up/down 
direction of the aircraft.  The only load acting in this direction will be the 
pressurization hoop stress of the fuselage. 

5) This stress occurs only when the aircraft is in flight.  During flight 
temperature and pressure are low and humidity is almost zero suggesting 
absence of any corrosive reaction.  Presence of any electrolyte in the 
occluded region may lead to some corrosion; however, at cruising 
altitudes the temperature can be as low as -60ºC, resulting in extremely 
low corrosion activity. 

6) SCC can therefore not occur during flight and the only stress responsible 
for SCC on the ground is residual or fit up stress. 

7) SCC growth by residual or fit up stress can not result in inter-lamellar 
crack growth.  This can occur only due to flexural stress which arises due 
to hoop stress. 

8) The striation like marking on inter-lamellar crack vary in spacing as it 
grows away from the initiation site.  In our failure analysis the striation 
spacing changes from 200 nm to 1500 nm over the distance of 5 mm.  
Crack arrest marks seen during SCC are about 100-250 nm in spacing 
consistently [2]. 
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9) Residual stresses get released as the crack grows, leading to slower crack 
growth and may be crack arrest.  However, no such signs were observed 
on the fracture surface. 

10) The inter-lamellar crack is therefore due to fatigue, as a result of cyclic 
hoop stress only. 

11) The crack growth in longitudinal direction changes from fatigue to SCC 
after about 10 mm of crack growth when SCC growth rate is much faster 
than fatigue crack growth rate. 

 
 

CONCLUSION 
 
In-service cracks were found in upper aft fuselage skin of a large strategic cargo 
aircraft.  These cracks were located on the forward and aft edges of the skin panel.  
All cracks exhibited similar morphology.  One of the cracks was studied in detail 
for the present study.  Detailed metallurgical failure analysis revealed severe 
pitting at the initiation site at the forward edge of the skin panel.  Significant 
corrosion deposits were also found on the crack surface.  The crack showed 
branching along the mid thickness plane with cracks growing preferentially along 
the grain boundary.  These observations suggested the crack to be a stress 
corrosion crack; however, more detailed microscopy revealed the presence of 
striation like marks on the crack surface.  Furthermore, an analysis of mechanical 
loading on the skin panel suggested that the crack should have grown as a result of 
hoop stress acting along the skin.  This hoop stress occurs only during flight, when 
environmental conditions are non-conducive to corrosion activity.  Detailed failure 
analysis suggested that the crack growth has to be due to fatigue.  To confirm this 
hypothesis, laboratory experiments were conducted under very slow cycle flexural 
stress in saturated slat solution environment.  This test replicated the failure surface 
observed in-service.  Static load SCC tests could not produce the failure surface 
observed in service, confirming our hypothesis of crack growth by fatigue.  
However, when the crack grew beyond 10 mm, the crack growth was due to SCC 
since the applied stress intensity at that point resulted in faster crack growth 
kinetics by SCC as compared to fatigue.  The present study suggests that careful 
mechanical stress analysis and detailed failure surface analysis are necessary to 
differentiate between failure due to SCC and fatigue. 
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